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DESIGN OF A VERY- LOW-BLEED MACH 2.5 MIXED-COMPRESSION INLET 


WITH 45 PERCENT INTERNAL CONTRACTION 
by Joseph F. Wasserbauer, Robert J . Shaw, and Harvey E, Neumann 

Lewis Research Center 

SUMMARY 

The design and performance of a Mach 2.5 full-scale axisymmetric , bicone , mixed- 
compression inlet is presented . The inlet matched the airflow requirements of the 
TF30-P-3 turbofan engine at Mach 2.5 flight speeds. The design featured a short 
supersonic diffuser with a short cowl length from cowl lip to throat . The boundary 
layer that was generated on the cowl was t hin and eliminated the need for cowl bleed 
at the throat . A slot bleed was used on the ce nter body to provide boundary layer 
control at the high-pressure- gradient region on the centerbody . The region of high- 
pressure gradient was generated by nearly focusing the internal compression fan 
from the cowl and the cowl-lip shock on the centerbody . The study was conducted at 
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Mach numbers of 2.5 and 2.0 at a Reynolds number of 8.2x10 per meter . 

With a sealed bypass system at Mach 2.5, inlet pressure recovery was 0.906 with 
only 0.021 centerbody bleed mass-flow ratio and no cowl bleed . Variation of the cen- 
terbody bleed exit area provided additional stability range for subcritical operation . 
At Mach 2.0, inlet total pressure recovery was 0.94 with only 0.014 centerbody bleed 
mass-flow ratio. At Mach 2.5 operation and with a centerbody bleed mass-flow ratio 
of 0.02, the maximum inlet unstart angle of attack was 2.55°. Increasing the center- 
body bleed mass-flow ratio to approximately 0.05 gave a maximum inlet unstart angle 
of attack of 6.85°, Over the inlet's operating range, steady-state distortions at 0° 
angle of attack varied from 6 percent to 11 percent at Mach 2.5 operation and from 
8 percent to about 12 percent at Mach 2.0 operation. Inlet operation with an operating 
bypass system reduced the total pressure recovery slightly and increased the steady- 
state distortion. 



INTRODUCTION 


Supersonic inlets should be able to operate efficiently with low drag over the en- 
tire flight range of the aircraft. For flight speeds above Mach 2.0, mixed- compression 
inlets offer this capability. However, some means of varying the inlet's contraction 
ratio must be provided to supply engine airflow demands at flight speeds below the 
design Mach number . 

Two-dimensional inlets provide this variation of contraction ratio by relatively 
simple movable ramp surfaces. The problem is more difficult, however, with axisym- 
metric designs . Single-cone axisymmetric inlets have been designed which vary the 
contraction ratio by either collapsing or translating the centerbody , or by collapsing 
the cowl and translating the centerbody (refs. 1 and 2). In general, these single- 
cone axisymmetric inlets have high internal contraction for the supersonic compres- 
sion, which results in a fairly long diffuser. Consequently, a relatively high 
boundary-layer-bleed flow rate is necessary to provide the desired inlet performance 
at design flight speeds . Minimization of this performance bleed while maintaining in- 
let performance could improve the overall inlet drag characteristics . An alternate 
approach to this problem might be to decrease the amount of internal contraction in 
order to reduce the bleed drag . Although the resulting increase in cowl pressure 
drag may nullify this improvement in bleed drag, other characteristics (such as im- 
proved angle of-attack tolerance) are obtained which may be desirable for certain 
mission applications . 

In reference 3 an inlet with low internal contraction and a short supersonic dif- 
fuser showed reductions in performance bleed while maintaining relatively high 
pressure recovery . In addition, significant increases in angle-of-attack tolerance 
were also demonstrated . The inlet of reference 3 and the inlet presented herein were 
based on similar design philosophies . A two-cone spike was used to provide the 
maximum external compression compatible with high total pressure recovery and 
relatively low cowl drag (ref . 4) . This design concept permits significant reduction 
of the supersonic diffuser length from cowl lip to inlet throat and thus reduces the 
amount of cowl bleed necessary at the throat . In order to vary contraction ratio for a 
flight inlet, the second cone would be collapsed, and at its lowest position it would 
blend into the first-cone contours so as to provide a single-cone centerbody . This 
philosophy provides 45 percent of the supersonic area contraction internally for a 
design Mach number of 2 .5 . This inlet was designed such that the isentropic com- 
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pression fan from the cowl and the cowl-lip oblique shock were nearly focused on 
the inlet's centerbody . This compression was canceled at the centerbody with a 
sharp turn, as prescribed by a computer program for the designing of inlets by an 
inviscid method of characteristics . A centerbody bleed slot was provided over this 
compression region for boundary layer controlTjust ahead of the inlet throat. The 
slot bleed technique should provide relatively simple boundary layer control on the 
centerbody even in the partially collapsed positions . The relatively high pressure 
on the 18.5° second cone tended to reduce recirculation problems due to possible 
leakage in the collapsible surface . The inlet model is a full-scale design sized to 
provide airflow to a TF30-P-3 turbofan engine at a design Mach number of 2.5. 

The inlet was tested at Mach numbers of 2 . 5 and 2.0. A second centerbody was 
designed as a collapsed version for Mach 2.0 operation. Flow surveys to evaluate 
local flow conditions were made in the inlet at the throat and throat exit stations, mid- 
way in the subsonic diffuser, and at the diffuser exit. In addition to the flow sur- 
veys , measurements were made of centerbody bleed flow rates , total pressure re- 
covery , and engine face distortion . The maximum angle of attack before inlet un- 
start was determined for various inlet operating conditions . The effect of an over- 
board bypass system was also evaluated. 


GENERAL MODEL CONSIDERATIONS 


_ The model is a full-scale inlet sized to meet the airflow demands of the TF30-P-3 

turbofan engine at Mach 2.5. It is a mixed-compression inlet with 55 percent of the 
~~ f supersonic area contraction occurring externally an d 4 5 percent internally . Model 
. hardware was designed to simulate the external contours and operating systems of an 
operational inlet wherever possible . Internal contours were considered appropriate 
for an operational inlet . 

Installation of the inlet model in the 10- by 10-Foot Supersonic Wind Tunnel is 
shown in figure 1(a) . For this investigation the inlet was coupled to a cold-pipe 
: choked plug assembly. The nacelle cutaway, illustrating the cold-pipe installation, 

- is shown in figure 1(b) . 

At the design Mach number of 2.5 and a free-stream temperature of 390 K, the 
TF30-P-3 requires a corrected airflow of 65.8 kg/ sec. The inlet capture area was 
0.7073 square meter. For these conditions the engine required 93 percent of the cap- 
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ture mass flow at a total pressure recovery of 91 .5 percent. Of the remaining inlet 
mass flow , 5.5 percent was allotted for performance bleed, 1.0 percent was allotted 
for overboard bypass flow for terminal shock position control, and 0.5 percent was 
spilled over the cowl . 

The essential features of the inlet design are shown in the isometric view of fig- 
ure 2(a) and the cross-sectional view of figure 2(b) . The inlet centerbody had a 
two-cone spike with the initial cone angle at 12.5° and the second cone angle at 
18.5 . The cowl lip had a sharp radius of 0.038 cm, and the initial internal cowl an- 
gle was 2 . The external cowl angle was set at 5° to keep the cowl drag at a low 
value. 

Control for the diffuser flow in the throat region was provided by cowl bleed , for- 
ward and aft of the geometric throat , and by a centerbody bleed slot ahead of the 
throat. Vortex generators were provided on the cowl and centerbody to prevent dif- 
fuser flow separation. Overboard bypass doors were used for terminal shock con- 
trol . The centerbody was supported by four equally spaced hollow struts . Internal 
valves in each strut were used to control centerbody bleed flow . The inlet was re- 
started by translating the centerbody during the test . 

DESIGN 
Inlet Contours 


The internal contours of the supersonic diffuser were determined by using the in- 
viscid method of characteristics flow solution described in reference 5 . The Mach 
2 . 5 theoretical inviscid flow field is shown in figure 3 . At the design Mach number 
of 2.5 the centerbody cone angles are 12. 5*^ and 18.5° for the initial and second 
cones, respectively. The design cowl-lip-position parameter 6 i is 26.4°. Computa- 
tions shown include the flow field mesh and the cowl and centerbody Mach number 
distributions (figs. 3(a) and (b)) . Local static to free-stream total pressure ratio 
distributions on the cowl and centerbody are shown in figures 3 (c) and (d) for sup- 
ersonic and subsonic conditions . The pressure ratio distributions for axial distances 
greater than x/R ^ - 2.8 were obtained from the subsonic diffuser area distribution 
and quasi-one-dimensional flow analysis . The inviscid total pressure recovery at the 
throat (x/R c = 2.78) before the inlet terminal shock was 0.982 at a throat Mach num- 
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ber of about 1.30. This yielded a theoretical normal shock recovery of 0.962. The 
inlet throat section (2.78 < x/R c < 3 . 2) had an initial area diffusion of 1° equivalent 
conical expansion with a length equal to 4 hydraulic radii. For supercritical opera- 
tion the Mach number varied from about 1 . 30 to about 1 . 33 through this section . At 
the throat exit (x/R c = 3.2) a linear variation in flow angle was assumed between the 
two surfaces . The mean velocity vector was directed at the midannulus location at the 
compressor face in order to minimize subsonic diffuser turning . 

The inlet design was such that the isentropic compression fan from the cowl and 
the cowl-lip oblique shock were nearly focused on the centerbody (fig. 3(e)) . The 
cowl-lip shock and cowl compression fan were canceled at the centerbody with a 
sharp turn and a short length of contoured surface before the throat, as prescribed 
by the inlet design computer program (fig . 3 (a) ) . A centerbody bleed slot replaced 
the short length of contoured surface over this compression region for boundary 
layer control ahead of the inlet throat . Theriot bleed would permit a relatively sim- 
ple geometry to be retained during collapse of the centerbody . The focused compres- 
sion reduces significantly the supersonic diffuser length from cowl lip to inlet throat 
(0 . 38 cowl diameter at cowl-lip station) and thus reduces the amount of cowl bleed , 
if any , that may be required at the inlet throat . 

In order to minimize the cost of this particular inlet model , the spike did not col- 
lapse but rather was translated to vary the internal contraction ratio during testing. 
Hence, a second centerbody was designed as a collapsed version for Mach 2.0 oper- 
ation. Its initial cone angle was 12.5° and the second-cone angle was 14.5 . The 
characteristic solution for the collapsed version of the centerbody for Mach 2.0 oper- 
ation is shown in figure 4. Figures 4(a) and (b) show the flow field mesh and the 
Mach number distributions on the cowl and centerbody . At the throat (x/R c = 2.78) 
the Mach number varied from 1 . 19 on the cowl to 1.15 on the centerbody . For off- 
design operation, shock cancellation did not occur and shock reflections were pres- 
ent. The local static to free-stream total pressure ratios for the cowl and centerbody 
supersonic and subsonic conditions are presented in figures 4(c) and (d) . 

The internal flow area distributions for the Mach 2.5 and Mach 2.0 centerbodies 
are shown in figure 5 . A quasi— one— dimensional flow analysis was used to design 
the subsonic diffuser . The one-dimensional flow area used was based on an assump- 
tion of a linear variation in flow single between the two surfaces . The subsonic dif- 
fuser was designed for a linear variation of static pressure with axial distance . But 
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the geometry of the inlet struts modified the area distribution such that the pressure 
variation of the subsonic diffuser was not linear. The effect is more pronounced for 
the Mach 2.0 centerbody design. The subsonic diffuser length measured from the 
geometric throat was 1.5 inlet diameters. The diffusion area ratio was matched to 
the compressor face Mach number required for the TF30-P-3 turbofan engine at 
Mach 2.5 operation. This resulted in an equivalent conical diffusion angle of 10° 
for the subsonic diffuser during Mach 2.5 operation. The coordinates of the cowl and 
the Mach 2 . 5 and Mach 2 . 0 centerbodies are listed in table I . 


Performance Bleed 

In reference 3 the cowl shock and cowl compression fan were focused at one point 
on the centerbody . An abrupt turn on the centerbody was used to cancel reflected 
shocks. A flush slot bleed was positioned ahead of this focal point at the end of the 
second-cone contour . The local flow expansions from the slot and the large static 
pressure rise of the centerbody , caused by the focused shock - compression-fan 
system , gave less than desired control of the boundary layer at this point . By po- 
sitioning the bleed slot behind the cowl shock impingement point , advantage could be 
taken of the higher surface static pressures to provide better bleed pumping charac- 
teristics and higher bleed pressure recoveries in the centerbody cavity . Because of 
the better bleed pumping characteristics , local boundary layer separations in this 
region could be minimized . 

Details of the centerbody bleed slot are shown in figure 6 . The slot extended 
from x/R = 2.583 to x/R = 2.688, a length of approximately 10 percent of the inlet 
radius . Entrance geometry configurations could be varied from a sharp dump to a 
sloping contour (fig . 6 (a) ) . Flush slot and ram scoop arrangements could be used 
with both sharp and blunt lip trailing edges (figs. 6(a) to (d)) . The ram scoops 
were designed to intercept 3 percent of the duct flow (based on inviscid flow calcu- 
lations) ahead of the geometric throat. The centerbody bleed flow was ducted 
through the centerbody hollow support struts to the free stream . 

Two regions of porous bleed were incorporated on the cowl surface (fig . 7) . The 
forward cowl bleed region was located in a region opposite the centerbody slot and 
extended from x/R fi = 2.556 to x/R q = 2.770. It was composed of 25 rows of 0.3175- 
cm-diameter holes located on centerlines 0.410 cm apart. Rows were staggered in a 
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60° pattern to prevent inducing any significant circumferential variations in bound- 
ary layer properties . The aft cowl bleed region extended from x/R c = 2.797 (just 
downstream of the geometric throat) to x/R c = 3.105. It was composed of 36 rows of 
0.3175-cm-diameter holes located on centerlines which were 0.408 cm apart. Aft 
holes were also staggered in a 60° pattern . Nominal surface porosity of both bleed 
regions was 40 percent . 

Cowl bleed flows were discharged overboard through slot exits located on the ex- 
ternal cowl surface . Bleed exit areas could be changed from configuration to con- 
figuration but not remotely. Cowl exit areas were sized for 1.4, 2.7, and 5.5 per- 
cent of the cowl-lip area . 


Inlet Support Struts, Strut Valves, and Overboard Bypass Doors 

\ Details of the inlet support struts and strut valves are shown in figure 8 . Fig- 

ure 8(a) shows a cross-sectional view of the inlet through the strut region at approx- 
imately the maximum strut blockage. The circumferential location of the overboard 
bypass doors (two per quadrant) and the centerbody strut bleed valves are indi- 
cated. Centerbody bleed flow was ducted through the four equally spaced hollow 
i support struts and throttled by the strut bleed valves. The flow then passed to the 
free stream through louvered panels . 

The detailed geometry of the centerbody support struts is shown in figure 8(b) . 
The maximum length of the struts extended over half of the subsonic diffuser length . 
The leading edge of each strut was blunt and inclined to the inlet centerline . At the 
cowl the radius of the strut leading edge was 2 .06 cm and expanded to 4.59 cm at the 
centerbody . At the design Mach number the struts were sized to accommodate a max- 
- imum centerbody bleed flow rate of about 7 percent of the inlet capture mass-flow 
3 ratio at a centerbody duct pressure recovery of 20 percent . 

The area distributions of the struts are shown in figure 8(c) . Two area distri- 
butions are shown: one for the Mach 2.5 centerbody, and the other for the Mach 2.0 
centerbody . The strut area distribution for the Mach 2.0 centerbody was greater be- 
cause the collapsed version of the centerbody exposed more strut surface . 

The details of the strut bleed valves are shown in figure 8(d) . Each strut con- 
tained a bleed valve assembly at the cowl termination . A hydraulic rotary actuator 
rotated the vane through 90° from closed to a full-open area of 261 .71 sq cm . 
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The inlet was also equipped with eight overboard bypass doors designed for 

high-frequency- control studies (ref. 6) . The doors were hydraulically actuated 

slotted plates (fig. 9(a)) . The bypass doors were positioned from x/R = 4.50 to 

c 

X / R c - 5 .53 in the subsonic diffuser. The circumferential location of the doors is 
shown in figure 8(a) . 

The overboard bypass exit area was sized to remove 90 percent of the engine 
mass-flow ratio at design operation . The exit area was oversized to provide adequate 
protection for the engine during an inlet unstart for the engine-inlet compatibility 
tests . The diffuser bypass flow passed through the choked slotted plate to a plenum 
and then through a louvered panel to the free stream. Installation of an overboard 
bypass door and centerbody strut bleed valve is shown in figure 9(b) . A complete 
detailed description of the bypass doors is presented in reference 7 . 

The inlet was tested with and without an operating inlet overboard bypass sys- 
tem. When bypass doors were not used, insert blanks replaced the bypass door as- 
semblies so that smooth surfaces were maintained on the internal cowl from the cowl 
lip to the diffuser exit . 


Vortex Generators 

Vortex generators were used on the cowl and centerbody to inhibit flow separa- 
tion. Details of the vortex generator design are shown in figure 10. These vortex 
generators were one-half of a NACA-0012 airfoil with the mean camber line of the air- 
foil as the parting line. The leading edge was rounded. Figure 10(a) gives the di- 
mensions for the two alternate sets of generators that were available for installation 
on the cowl and the centerbody . Both sets of vortex generators were designed to 
have aspect ratios of 0.5. Vortex generators, identified as set I, were designed to 
have a height, or span of the airfoils, of 2.54 cm for both the cowl and centerbody. 
This is equal to about one-fourth of the Mach 2 . 5 inlet throat height . The cord was 
equal to 5.044 cm. The spacing-to-height ratio of the set I generators was 3.81 for 
the cowl and 3.83 for the centerbody. This spacing nearly satisfied the complete 
mixing criterion of reference 8 . 

For vortex generator set II the span of the airfoils was 2.03 cm for the centerbody 
and 1.52 cm for the cowl. The cord was equal to 4.064 cm for the centerbody and 
3.048 cm for the cowl. The spacing-to-height ratio was 2.40 for the centerbody and 
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3 . 18 for the cowl . Airfoil spacing for the cowl and centerbody vortex generators of 
set II satisfied the complete mixing criteria of reference 8 . 

Figure 10 (b) shows the relative location of the generators with respect to the 
struts on both the cowl and centerbody . The same number of generators were used 
on both the Mach 2.5 and Mach 2.0 centerbodies . The vortex generators were loca- 
ted at x/R = 3 .37 on the cowl and on each centerbody . The inlet performance re- 
c 

ported herein includes only the set II generators . The performance of the inlet oper- 
ating with both sets of generators is presented in reference 9 . 


Model Instrumentation 

The diffuser exit or engine mass-flow ratio was calculated by using a calibrated 
choked plug and an average of eight static pressure taps in the cold pipe located 
5.78 cowl-lip radii (radius of the cowl at the cowl lip) ahead of the plug exit 
(fig. 1(b)) . Cowl bleed flow rates at both the forward and aft cowl locations were 
determined from three circumferentially positioned static and total pressure surveys 
at their respective exits and the measured exit areas (fig . 7) . The centerbody bleed 
~l mass-flow ratio was determined from the measured total pressures in the centerbody 
duct and hollow support struts (fig. 8(a)), the strut valve choked exit area, and an 
experimentally determined flow coefficient . 
i In order to calculate the overboard bypass mas s -flow ratio , an assumption was 

| made that the average main-duct static pressure spanning the bypass door region 
=- was equal to the total pressure ahead of the calibrated choked bypass exit . The av- 
I erage main-duct static pressure spanning the bypass door region was determined 
i from rows of four static pressure taps circumferentially located at 0°, 90° , and 180 
1 (fig. 8(a)) . The average static pressure for each row was used as the total pressure 
i for the adjacent bypass doors. Static pressures at the circumferential location of 270 
a were assumed to be equal to the 90° circumferential location because of flow sym- 
metry . The centerbody bleed flow was surveyed at the slot entrance for the flush 
slot and ram scoop configurations by measurements of static and total pressure , as 
indicated in figure 11. 

The static pressure variation throughout the inlet was determined from static 
pressure taps located along the top centerline of both the cowl and centerbody . Ad- 
ditional static pressure taps were located at 180° from the top centerline on both the 
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cowl and centerbody . The locations of all the static pressure taps are listed in ta- 
ble II for the cowl and both the Mach 2.5 and Mach 2.0 centerbodies . 

The inlet flow was surveyed by total pressure probes at the throat and the throat 
exit, midway in the subsonic diffuser, and at the diffuser exit. The boundary layer 
on the cowl and centerbody at the throat was surveyed by the probes illustrated in 
figure 12(a) . The details of the total pressure rakes at the mid-diffuser and throat 
exit locations for the two centerbodies are shown in figures 12(b) and (c) . The rakes 
were circumferentially indexed to avoid mutual interference effects . 

The details of the steady-state total and static pressure instrumentation at the 
compressor face are shown in figure 12(d) . The overall diffuser exit total pressure 
recovery was determined from rakes 1 to 12, which had six area -weighted tubes per 
rake. Rakes 1,7, and 10 had three additional total pressure probes to better define 
the boundary layer on the cowl and centerbody at the diffuser exit . The angular lo- 
cation of the 12 rakes has been adjusted for the presence of the four struts. This re- 
sulted in a 2.5° correction on 8 of the 12 rakes adjacent to the struts . Wall static 
pressure measurements were made with the 20 wall static pressure taps shown in 
figure 12(d) . 

In order to measure the fluctuating component of total pressure, subminiature ab- 
solute pressure transducers were mounted in the rakes at the three locations shown 
in figure 12(d) . The transducers were mounted in the rakes such that a simultaneous 
steady-state and dynamic pressure measurement could be made. The resultant con- 
figuration provided a flat response to at least 1000 hertz . The output signal was 
passed through a second-order low pass filter with a 1000-hertz corner frequency and 
was measured with a true rms meter. The filtered fluctuating component of each 
pressure transducer was also recorded on frequency-modulated magnetic tape. 

At each steady-state operating condition, dynamic data were recorded at each of 
the three locations shown in figure 12(d) . The average value of the associated rms 
measurements of the fluctuating component of total pressure was ratioed to the aver- 
age steady-state total pressure recovery . This average value is defined herein as 
the dynamic distortion level for that particular operating condition . 


Configuration and Test Procedure 


A number of inlet operating conditions were investigated for the design Mach 2 . 5 
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centerbody configuration and for the collapsed version of the centerbody at Mach 2.0. 
Regions of cowl bleed were provided at the inlet throat. The cowl bleed evaluation 
study showed that the increased performance did not offset the increased cowl bleed 
drag . Therefore , these bleed regions were sealed for data presented herein . The 
flush slot with the dump leading edge and a blunt lip trailing edge (fig . 6 (b ) ) , 
proved to be the mosc efficient slot geometry during the centerbody bleed evaluation 
study . This report presents the data for this configuration only . 

Data were obtained for peak, subcritical, critical, and supercritical operation. 
Peak operation is defined as the minimum stable condition with the terminal shock at 
its most forward position in the inlet before an inlet unstart occurs . At 0 angle of 
attack , this operating condition occurs for subcritical operation only . Operation with 
the terminal shock between the throat and the most forward position is defined to be 
subcritical operation . Critical operation is defined as operation with the terminal 
shock positioned at the inlet's geometric throat. Supercritical operation is hence de- 
fined as operation with the terminal shock downstream of the throat . 

At the inlet design Mach number and contraction ratio and at 0° angle of attack , a 
centerbody bleed flow rate was determined to obtain the maximum total pressure re- 
covery for critical inlet operation . This centerbody bleed flow rate is referred to 
herein as the optimum centerbody bleed flow rate . Data were also obtained for val- 
ues of centerbody bleed flow rate greater than optimum for all inlet operating condi- 
tions . 

During angle -of- attack operation a minimum stable operating condition (peak) 
was determined for subcritical, critical, and supercritical inlet conditions. At angle- 
of-attack operation , minimum stable conditions were determined for the optimum and 
increased centerbody bleed flow rates . These angle-of-attack data are referred to 
as maximum angles of attack . 

The inlet was tested with a sealed bypass system and an operating bypass system. 
At the inlet design Mach number and contraction ratio, and with the bypass system 
sealed, 0° angle-of-attack data were taken at various compressor face corrected air- 
flows by varying the main-duct exit area. With the bypass system operating, data 
were taken for various overboard bypass flows. The match compressor face correct- 
ed airflow required for the TF30-P-3 was maintained for this data with a constant 
main-duct exit area. 
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RESULTS AND DISCUSSION 


Inlet Performance without Bypass Flow 

The inlet performance for Mach 2.5 and Mach 2.0 operation with a sealed bypass 
system is shown in figure 13 . The data were obtained over a range of compressor 
face engine airflows by varying the main-duct choked plug exit area. Presented is 
the pressure recovery as a function of inlet bleed mass-flow ratio , steady-state dis- 
tortion , and dynamic distortion . With a sealed bypass system , inlet performance is 
sensitive only to the amount of performance bleed . Therefore , the variation of bleed 
mass-flow ratio as a function of total pressure recovery is presented , rather than the 
conventional engine mass-flow ratio. The inlet of this investigation was designed to 
spill 0.5 percent of the inlet capture mass flow over the cowl at Mach 2.5 operation. 
The engine mass-flow ratio was then the inlet capture mass-flow ratio, 0.995, minus 
the inlet bleed flow , when the overboard bypass system was not installed . Steady- 
state distortion is defined as the maximum total pressure minus the minimum total 
pressure divided by the average total pressure. An average rms value of the fluctu- 
ating component of the total pressure was obtained for the three dynamic probes . 

At the design free-stream Mach number of 2.5 the inlet pressure recovery was 
0.895 at a bleed mass-flow ratio of 0.019 for critical operation. The maximum pres- 
sure recovery (peak) was 0.906 at a bleed mass-flow ratio of only 0.021 for subcriti- 
cal operation, representing a minimum stable condition. The centerbody bleed exit 
area (strut butterfly flow area) was maintained constant for all data represented by 
open symbols in figure 13. The stable subcritical range for this centerbody bleed 
exit setting was about 1 percent. This was probably due to the absence of any cowl 
bleed and the relatively low centerbody bleed . The stable subcritical range for this 
inlet is defined as the percentage change in engine corrected airflow between criti- 
cal operation and the minimum stable condition . 

The stable subcritical range of the inlet with increased centerbody bleed is in- 
dicated by the solid symbols in figure 13. The inlet bleed mass-flow ratio was var- 
ied by changing the bleed exit area by means of the strut butterfly valves . With the 
maximum bleed exit area available , an additional 3 percent of the inlet capture mass- 
flow ratio was removed before the inlet unstarted. This represents a stable subcrit- 
ical range of 6 percent . Peak inlet pressure recovery during this subcritical opera- 
tion was 0.915. 
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Steady- state distortion varied from about 6 percent to 11 percent over the operat- 
ing range presented in figure 13. At 0° angle of attack the distortion was primarily 
radial at all terminal shock positions . Dynamic distortion remained about 2 percent 
over the range of inlet operation. However, the dynamic activity was measured at 
only three total pressure probe locations at the diffuser exit plane and in regions of 
low radial velocity gradients . The dynamic activity over the remainder of the dif- 
fuser exit plane was to be measured in a subsequent test . In general , the level of dy- 
namic activity appeared to be acceptable for operation at the Mach 2.5 condition. 

Inlet performance for the simulated collapsed version of the centerbody at Mach 
2.0 is shown in figure 13(b) . Peak inlet pressure recovery for the fixed bleed exit 
area was 0.940 with only 0.014 bleed mass-flow ratio. Inlet capture mass-flow ratio 
at Mach 2.0 was 0.918, and the remainder was spilled around the cowl through the 
spike shock systems (fig. 4(a)) . Increasing the centerbody bleed exit area in- 
creased the bleed mass-flow ratio to 0.045. The peak recovery was 0.948 at a bleed 
mass-flow ratio of 0.035. The stable subcritical range was 4 percent for operation at 
a free-stream Mach number of 2.0. Steady-state distortion varied from 0.085 to 0.125 
over the inlet operating range . For the increased bleed the distortion remained low 
at about 0.085. Dynamic distortion remained at about 1.0 percent over the range of 
inlet operation at Mach 2.0. 


Performance with Bypass Flow 

The inlet's performance at Mach 2.5 when the overboard bypass system was oper- 
ating is presented in figure 14. Here, engine mass -flow ratio was directly affected 
by both centerbody bleed and bypass mass-flow ratio. Therefore, inlet performance 
is presented as a function of engine mass-flow ratio rather than of just the centerbody 
bleed mass-flow ratio . With the bypass doors closed , the leakage mass-flow ratio 
through the bypass doors was 0.009 of the inlet capture mass-flow ratio. In figure 
14(a) the circular data points represent the inlet's performance with the bypass 
doors closed when the engine face corrected airflow was varied. The square data 
points represent variation of the bypass flow at a constant engine corrected airflow of 
70.5 kg/sec. The peak pressure recovery with the bypass doors closed was 0.888 at 
a centerbody bleed -mass-flow ratio of 0 .02 . The peak pressure recovery for the in- 
creased centerbody bleed flow was 0.906 . Inlet distortion varied from 12 percent to 
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16 percent over the inlet operating range . 

Peak pressure recovery for optimum centerbody bleed (m bl /m Q =0.02) was 
0.892 when the overboard bypass flow was set for 0.067 mass- flow ratio (fig. 14(b)). 
This bypass flow was necessary to match the TF30-P-3 engine corrected airflow de- 
mand of 65.8 kg/sec at the Mach 2.5 flight speed for critical inlet operation. For 
centerbody bleed flow rates larger than optimum the peak recovery was 0.911. The 
steady-state distortion ranged from 0 . 10 to 0 . 16 over the inlet operating range . In 
both instances for the operating bypass system , inlet performance was less than when 
the insert blanks replaced the bypass door assemblies . This implies that with leak- 
age or bypass flow , the presence of the exit bypass ports creates large-scale sur- 
face effects that result in increased loss in total pressure recovery . These surface 
effects also tended to reduce the pressure gradients near the wall such that the flow 
was near separation . This will be pointed out in later figures . The dynamic distor- 
tions, which were obtained by varying either the bypass flow or the exit plug area, 
were similar at comparable levels of recovery for critical and supercritical shock 
positions . 

The stability performance and bleed characteristics of the centerbody bleed sys- 
tem are presented in figure 15 . The various symbols represent different bleed exit 
areas. Open symbols represent the minimum subcritical flow just before unstart 
where the highest inlet and bleed recoveries are obtained. The solid symbols on the 
bleed plot represent the supercritical bleed conditions . The solid symbols on the in- 
let performance curve represent the maximum recovery corresponding to the super- 
critical bleed flow . Stable operating margin could be obtained for this inlet by open- 
ing the centerbody bleed exit area from the optimum value of 16.3 percent 
(m b i/m 0 = 0.02) to 86.5 percent. 

The stability characteristics of the bleed system would be used only when some 
inlet flow disturbance would cause the terminal shock to move forward of the throat 
and unstart the inlet. A control system would be needed which employs the full ca- 
pacity of the bleed system . An active control appears to be a feasible design. This 
control would provide full bleed exit area and maximum bleed mass-flow ratio upon 
command from a control signal, such as a step change in throat Mach number. 

In reference 10 a cowl stability bleed system was demonstrated that would not be 
activated unless the terminal shock moved forward of the inlet throat. Perhaps a sim- 
ilar system could be devised for the centerbody bleed system . 
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Inlet performance over an angle-of-attack range is shown in figure 16 . The fol- 
lowing procedure was used to obtain the maximum angle-of-attack data for optimum 
and increased centerbody bleed flow rates . For maximum angle of attack at critical 
inlet operation, (1) the inlet was set at the critical operating point for 0° angle of 
attack, and (2) the model angle of attack was increased until an unstart occurred. 

The inlet was restarted , and data were then recorded for an angle slightly less than 
the unstart angle of attack . This angle-of-attack point is a minimum stable condition 
for critical inlet operation . Determination of the maximum angle of attack for peak 
inlet operation (minimum stable condition) follows the same procedure as for critical 
operation. 

For maximum angle of attack at supercritical inlet operation (1) the inlet mass- 
flow plug was fully retracted; (2) the model angle of attack was increased until an 
unstart occurred; (3) the inlet was restarted and the model angle of attack was set 
slightly less than the unstart angle; (4) the mass-flow plug was then closed until the 
inlet unstarted; and (5) after the inlet was restarted , the plug was relocated near the 
position causing unstart . This data point is defined as the minimum stable condition 
for supercritical inlet operation . For angle-of-attack operation with increased cen- 
terbody bleed flow the same procedure was used for peak (subcritical) , critical , and 
supercritical inlet operation . The angle-of-attack operation is presented for both op- 
timum and maximum centerbody bleed exit areas . For optimum centerbody bleed 
mass-flow ratio the maximum supercritical angle of attack was 2.55°. For critical in- 
let operation , that is , with the terminal shock in the throat , the angle of attack before 
an inlet unstart was 1.74°. Increasing the centerbody bleed strut valve exit area to 
allow for maximum centerbody bleed flow resulted in angles of attack of 0.6°, 4.17°, 
and 6.85° for peak, critical, and supercritical operating conditions, respectively. 

Steady-state distortion was 0.305 at an angle of attack of 6.85°. Although the in- 
let demonstrated a relatively large angle-of-attack range when centerbody bleed was 
increased , distortion may be a limiting factor . Consideration of the useful angle-of- 
attack range of any inlet must include the distortion sensitivity of the particular en- 
gine to which it is coupled . 

For Mach 2 .0 operation the maximum attainable angles of attack were 1 .95° and 
3.1° for optimum and maximum centerbody bleed, respectively. The recovery was 
0.93 at a centerbody bleed mass-flow ratio of 0.031 for maximum centerbody bleed. 
With the optimum centerbody bleed the steady-state distortion during angle-of-attack 
operation was about the same at Mach 2.0 and Mach 2.5. 


15 


Diffuser Static Pressure Distributions 


Flow variations as determined by measurements of the static pressure are given 
in figure 17 for operation at a free-stream Mach number of 2.5. Peak, critical, and 
supercritical terminal shock positions are shown for both the cowl and centerbody . 
Distributions are given for a sealed bypass and for two values of bypass flow at op- 
timum centerbody bleed flow rates. Static pressure distributions for x/R c <2.5 
agree well with the theoretical distribution. There was an overpressure on the cen- 
terbody at x/R c = 2.57 due to the cowl shock impinging ahead of the cone shoulder. 
The sketch of figure 17(g) is an attempt to explain the forward intersection of the 
cowl shock ahead of the cone shoulder . The theoretical solution assumed that the 
cowl shock emanates from a sharp cowl lip and intersects the cone shoulder. How- 
ever, the actual cowl lip had a radius of 0.038 cm. For supersonic flow the cowl 
shock was not attached but stood off a distance of about 0.06 cm . The inlet design 
did not account for the stand-off shock . The resulting shock structure at the cowl 
lip may be similar to that reported in reference 11. Hence, the cowl shock cancella- 
tion on the centerbody was not met . 

The effect of the vortex generators at x/R c = 3.37 can be seen in figure 17 as an 
increase in p/Pq. followed by a decrease over a short range. This decrease was 
caused by a loss in recovery due to the vortex generators and is present in the cowl 
and centerbody distributions (figs. 17(a) and (b)) for the three terminal shock po- 
sitions shown . Distributions with overboard bypass flow are similiar to the distribu- 
tions without bypass flow (figs. 17(c) to (f)) . The distributions all show the charac- 
teristic of the loss in recovery due to the vortex generators and the resulting loss in 
p/Pq throughout the subsonic diffuser. However, as indicated in reference 9, oper- 
ation without vortex generators resulted in flow separation in the diffuser and an 
overall pressure recovery lower than when vortex generators were used. Similar 
results for Mach 2.0 operation are shown in figure 18. Again the vortex generators 
caused a reduction in the level of the pressure ratio . 


Diffuser Performance 
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Distributions of local recovery profiles are shown in figure 19 for Mach 2.5 oper- 
ation and in figure 20 for Mach 2 . 0 operation . Pressure profiles are presented for 
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the throat, throat exit, mid-diffuser, and diffuser exit locations. The individual 
tube pressures are uncorrected and represent the actual measured total pressure . 

The total pressures are normal shock pressures or that pressure behind the terminal 
shock, depending on the relative location of the inlet's terminal shock to the throat 
and throat exit rakes . . 

Boundary layer bleed on the cowl can be minimized or eliminated only when the 
boundary layer is sufficiently healthy and not near separation . For the inlet config- 
uration tested and reported herein, no cowl bleed was used. The boundary layer 
profiles on the cowl for various inlet operating conditions at Mach 2.5 are compared 
in figure 19. For critical inlet operation the boundary layer height at the throat was 
only about 5 percent of the local duct height (fig, 19(b)) . The supersonic diffusion 
on the cowl was moderate for the short cowl length (Mach number diffuses from 1 . 8 
at the cowl lip to 1.3 at the throat) , and hence the boundary layer growth was also 
moderate (fig. 19(b)) . The incompressible shape factor of the measured cowl throat 
boundary layer was about 1.45 for critical operation . This indicates that the flow in 
the boundary layer at this point was not near separation . (A shape factor of about 
1.8 would indicate boundary layer separation problems.) Further, the measured dis- 
placement thickness at the throat was in good agreement with analytical predictions . 
After the terminal shock the boundary layer grew to slightly more than 10 percent of 
the local duct height at the throat exit station . 

With the terminal shock positioned upstream of the inlet throat (peak inlet opera- 
tion) , the severe adverse pressure gradient encountered on the cowl (fig. 17(b)) re- 
sulted in a throat boundary layer on the cowl of about 10 percent of the duct height 
(fig. 19(a)) . The boundary layer grew to slightly more than 10 percent of the duct 
height at the throat exit station . Comparison of the boundary layer profiles at the 
throat exit on the cowl for peak and critical inlet operation shows the boundary layer 
heights to be nearly the same (figs. 19(a) and (b)) . At the throat exit, no boundary 
layer separation was apparent for both inlet operating conditions . With vortex gen- 
erators positioned just downstream of the throat exit, boundary layer separation 
problems in the diffuser should be eliminated . These results fortify the design phil- 
osophy that by shortening the supersonic diffuser, minimization or elimination of the 
cowl bleed can result . The normal shock recoveries in the inviscid core near the 
cowl at the throat station corresponded to the predicted value of 0.96 (figs. 19(b) and 
(c)). 

On the centerbody , after the cowl shock intersection , the supersonic diffusion was 
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accomplished over a very short length and resulted in a large pressure gradient 
over this length. However, the centerbody bleed slot was positioned at this point to 
control the boundary layer . The expansion of the flow into the centerbody bleed 
slot readjusted the Mach number distribution near the slot. The flow was also redi- 
rected into the centerbody rather than parallel to it because of this flow expansion . 

As a result , additional shock losses were encountered on the centerbody . Figures 
19(a) and (b) show that the total pressure losses near the centerbody at the throat 
were greater for peak inlet operation than for critical inlet operation. The reason 
was that at peak operation , the losses occurred in a higher Mach number flow region 
ahead of the throat where diffusion was not yet complete . At the throat exit station , 
these losses appeared as increased boundary layer growth on the centerbody . 

Downstream of the throat the pressure distributions of figure 17(b) show that 
there was an adverse gradient at critical operation on the cowl as a result of the ter- 
minal shock . This adverse gradient resulted in a rapid increase in the viscous losses 
near the wall at the throat exit (fig. 19(b)) . At the throat exit the static pressure 
distributions (fig. 17(b)) have similar values of diffusion; the recovery profiles for 
peak and critical operation should reflect this similarity . The throat exit profiles on 
the cowl (figs. 19(a) and (b)) were nearly the same. From the throat exit to the dif- 
fuser exit the static pressure diffusion was similar for peak and critical operation 
(figs. 17(a) and (b)) . This led to the qualitative agreement shown in the recovery 
profiles at the diffuser exit (figs . 19(a) and (b)) . Comparison of the throat exit and 
mid-diffuser profiles near the centerbody indicates that the vortex generators ener- 
gized the flow . At the diffuser exit , fairly uniform profiles were measured . It ap- 
pears that the vortex generators minimized any flow problems that might have oc- 
curred on the cowl and centerbody (ref. 9) . 

Total pressure recovery profiles for operation at a supercritical terminal shock 
position are shown in figure 19(c) . The static pressure distributions for critical and 
supercritical operation were identical on the centerbody and cowl up to the throat 
(figs. 17(a) and (b)) . Hence, the recovery profiles at the throat were identical at 
critical and supercritical operation . For this supercritical operating condition the 
terminal shock was just downstream of the throat exit station. The throat exit rake 
then displayed the supersonic profile at this station. Theoretical recovery was 0.957 
at this station . The data indicated that the main stream met this recovery . In addi- 
tion the flat profile indicated low total pressure distortions ahead of the terminal 
shock . At the mid-diffuser and diffuser exit rakes the profiles were similar to those 
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at critical inlet operation . But the profiles reflected lower recoveries because of the 
supercritical terminal shock position . 

At Mach 2.5 operation the overall loss in total pressure recovery was 10 percent 
for critical inlet operation . Up to the throat station the 4 percent loss in total pres- 
sure in the inviscid core of the supersonic diffuser matched the theoretical predic- 
tions (fig. 19(b)) . However, the average area-weighted total pressure recovery 
would be somewhat greater than the 4 percent because of boundary layer growth . 

The average area-weighted total pressure recovery for the throat exit rake was 0.93. 
Therefore , an overall loss in total pressure recovery of 7 percent had occurred up to 
the throat exit station. The additional 3 percent loss occurred in the subsonic dif- 
fuser downstream of the throat exit . No attempt was made to determine where or 
what part of this loss was due to viscous effects . Potential improvements in the sub- 
sonic diffuser (throat to diffuser exit station) to minimize pressure recovery loss and 
distortion are possible by redesigning the inlet struts, recontouring the subsonic 
diffuser walls , and improving the centerbody bleed slot geometry . 

At Mach 2.0 operation the pressure distribution shown in figures 18(a) and (b) 
indicate that the terminal shock lay slightly upstream of the throat for peak and crit- 
ical operation. The resultant distributions are hence similar. This similarity in dif- 
fusion and static pressure gradients resulted in essentially identical recovery dis- 
tributions throughout the inlet for peak and critical operation (figs. 20(a) and (b)) . 
For supercritical operation at Mach 2.0 the distributions of static pressure indicate 
moderate diffusion and pressure gradients through the throat exit as reflected in high 
recovery (fig. 20(c)) . Between the throat exit and the mid-diffuser the terminal 
shock system resulted in a region of large recovery loss which was reflected in the 
distributions at the mid-diffuser and diffuser exit. 

Diffuser Exit Recovery Profiles 

Recovery profiles at the diffuser exit for critical inlet operation are shown in fig- 
ures 21 and 22. Diffuser exit profiles without an operating overboard bypass system 
are shown in figure 21. Radial and circumferential distortions were small. Total 
! pressure rake profiles for the top quadrant at critical inlet operation for an operating 

j overboard bypass system are shown in figure 22. Only one quadrant is shown, but it 

was representative of the other quadrants because of symmetry . Figure 22 (a) shows 
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the profiles for 0.009 bypass mass-flow ratio, and figure 22(b) for 0.068 bypass 
mass-flow ratio. A comparison of figure 21(a) and figures 22(a) and (b) shows that 
the center rake (rake 1) profile was essentially the same with or without bypass op- 
eration. However, the two side rakes, rake 12 and rake 2, in figures 22(a) and (b) 
showed tendencies for the flow to separate on the cowl when the bypass was oper- 
ating. The result was a reduction in pressure recovery and an increase in steady- 
state distortion when the inlet bypass system was operating. 

Rakes such as rake 12 and rake 2 measured the flow over the bypass door en- 
trance slots . The entrance slots covered about the last one-third of the diffuser 
length and were located in the region of rapid area variation. The slot entrance of 
the bypass doors provided an abrupt increase in diffuser area of about 10 percent. 
This abrupt area change occurred repeatedly (8 times) over the length of the bypass 
door . The apparent large-scale roughness in a region of rapid area variation could 
tend to separate the flow , at least locally , as indicated by the comparison of rakes 
2 and 12 with rake 1 which was located between the doors. Although bypassing the 
flow has the effect of delaying separation, the surface roughness may have had a 
greater effect on the local flow . 

The diffuser exit profiles for critical inlet operation at a free-stream Mach number 
of 2.0 are shown in figure 23. The data presented are for operation without an over- 
board bypass system. The total pressure profiles indicate a region of high recovery 
at midpassage. This increased the radial distortion content; however, there was 
little circumferential distortion . 

Distortion contours for typical operating conditions at Mach 2.5 and Mach 2.0 are 
shown in figure 24 . The contour maps are a result of a computer program which uses 
the total pressure inputs at the diffuser exit. The solid lines on the contour plots 
show the position of the struts. At all operating conditions at 0° angle of attack, the 
contour maps show predominantly radial distortion with only small amounts of cir- 
cumferential distortion . 

Figure 25 shows the compressor face contours maps for the various angle-of- 
attack data presented in figure 16(a) . For low angles of attack, up to about 2°, the 
distortion appeared to be more radial than circumferential. The circumferential dis- 
tortion increased as the angle of attack was increased beyond 2° . At large angles of 
attack , low recovery regions appeared on the windward side , while relatively high 
recovery existed on the leeward side . 
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Comparison of Experimental and Theoretical 
Subsonic Diffuser Performance 


The performance of the subsonic diffuser is compared with theoretical predictions 
in figure 26 . The performance was predicted with an axisymmetric viscous finite 
difference computation based on mixing theory (ref. 12) . This theory was not avail- 
able at the time the inlet was designed . The method of calculation in reference 12 
does not account for the presence of the vortex generators and hence does not account 
for the losses associated with them. In figure 26(a) the theoretical static pressure 
distribution agrees well with the experimental data up to the axial location of the vor- 
tex generators. Beyond the vortex generators only qualitative agreement was ob- 
tained. The termination of the theoretical curve at x/R c = 4.6 indicates the point of 
flow separation for the diffuser without vortex generators . This is in the region of 
the struts , or about the mid-diffuser location . 

The theoretical flow profile at the mid-diffuser rake location indicates separated 
flow (fig. 26(b)) . Because the centerbody vortex generators energized the flow , no 
separation was observed. However, comparison with data from reference 9 (where 
no vortex generators were used) shows good agreement with the theory . The pre- 
dicted profile at the throat exit is also shown in figure 26(b) . Fair agreement was 
obtained except near the centerbody . This can be attributed to the centerbody bleed 
slot recovery losses due to flow expansion into the bleed slot . 

SUMMARY OF RESULTS 

A full-scale, mixed-compression inlet sized for the TF30-P-3 turbofan engine was 
designed, and an experimental investigation was conducted at Mach 2.5 and Mach 2.0 
operating conditions . The two-cone axisymmetric inlet had minimum internal con- 
traction consistent with high total pressure recovery and low cowl drag . The fol- 
lowing main results were drawn from this investigation: 

1. At Mach 2.5 the maximum total pressure recovery with only 0.02 centerbody 
bleed mass-flow ratio and no cowl bleed was 0.906. At critical operation the total 
pressure recovery was 0.895 with only 0.019 centerbody bleed mass-flow ratio and 
no cowl bleed . Hence , this inlet compares favorably with similar high-performance 
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inlets which have lower cowl drag but greater bleed drag. At Mach 2.0 the inlet to- 
tal pressure recovery was 0.94 with only 0.014 centerbody bleed mass-flow ratio for 
subcritical minimum stable operation . 

2. At Mach 2.5 operation the stable subcritical range was increased from a value 
of 1 percent to 6 percent when the full capacity of the centerbody bleed system was 
used during subcritical operation . 

3. At Mach 2.5 operation and with the minimum centerbody bleed mass-flow ra- 
tio of 0.02, the maximum unstart angle of attack for the inlet was 2.55°. Increasing 
the centerbody bleed mass-flow ratio to approximately 0.05 gave a maximum inlet un- 
start angle of attack of 6.85°. 

4. Inlet steady-state distortions varied from 6 percent to 11 percent for Mach 
2.5 operation and from 8 percent to about 12 percent for Mach 2.0 operation. 

5. Diffuser total pressure profiles on the cowl at the inlet throat and throat exit 
stations showed acceptable boundary layer profiles at the various operating condi- 
tions without the benefit of cowl bleed. The 4 percent loss in total pressure in the 
inviscid core of the supersonic diffuser flow matched the theoretical predictions . 

6. The overall loss in total pressure recovery was about 10 percent. Of this loss, 
7 percent occurred up to the throat exit station and 3 percent in the subsonic dif- 
fuser . Inlet operation with an operating bypass system also reduced the total pres- 
sure recovery slightly and increased the steady-state distortion. 


Lewis Research Center , 

National Aeronautics and Space Administration , 
Cleveland, Ohio, October 15, 1974, 
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APPENDIX - SYMBOLS 


flow area 


capture area, 0.7073 sq m 


height from surface to center of total pressure tube , m 
annulus height at local diffuser station , m 
distance from surface, m 


Mach number 


mass-flow ratio 


total pressure, N/sq m 

fluctuating component of total pressure, N/sq m 

static pressure, N/sq m 

inlet capture radius, 0.4745 m 

radius, m 

axial location , m 

cowl-lip-position parameter , arctan (R c /x) , deg 


circumferential rake position , deg 


Subscripts: 


centerbody bleed 
bypass 


maximum 


minimum 


root-mean-square value 


local 


free stream 


diffuser exit station 
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Superscript: 

( ) area-weighted average 
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TABLE IT. - STATIC- PRESSURE- TAP LOCATIONS 


(a) Cowl 


X/ 

R 

2. 088 

3. 158 

2. 195 

a 3. 212 

2. 302 

a 3. 319 

2.409 

a 3. 426 

2.462 

3. 533 

2. 516 

3. 640 

a 2. 569 

3.747 

2. 623 

3. 854 

a 2. 677 

3. 961 

2.730 

4. 175 

a 2. 784 

4. 389 

2. 837 

4. 604 

a 2. 891 

4. 818 

2. 944 

5. 139 

a 2. 998 

5.468 

3. 051 

5.607 

a 3. 105 



(b) Mach 2. 5 
centerbody 


x/R 

0. 910 

a 3. 105 

. 964 

3. 158 

1.028 

a 3. 212 

1.081 

a 3. 319 

1. 820 

a 3. 426 

2.034 

3. 533 

2.248 

3. 640 

2.409 

3.747 

2.462 

3. 854 

2. 569 

3. 961 

a 2 . 7 30 

4. 175 

a 2 . 7 84 

4. 389 

2. 837 

4. 604 

a 2. 891 

4. 818 

2. 944 

5. 139 

a 2. 998 

5. 468 

a 3. 051 

5. 607 


(c) Mach 2.0 
centerbody 


x/R 

0. 910 

3.051 

. 964 

a 3. 105 

1.028 

3. 158 

1.081 

a 3. 212 

1. 820 

a 3. 319 

2.034 

a 3. 426 

2. 248 

3. 533 

2.409 

3. 640 

2. 516 

3.747 

2. 569 

3. 854 

2. 607 

3. 961 

a 2. 730 

4. 175 

2.757 

4. 389 

a 2. 784 

4. 604 

2. 837 

4. 818 

a 2. 891 

5. 139 

2. 944 

5.468 

a 2. 998 

5. 607 


a Pressure taps located at 0° top 


centerline and 180° 


from top centerline; all other taps are located at 
top centerline only. 





(a) Installation in 10- by 10-Foot Supersonic Wind Tunnel. 



Figure 1. - Inlet model. 
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(b) Mach number distribution. 







Axial distance, x/R c 
(d) Centerbody pressure distribution. 
Figure 4. - Concluded. 







(a) Flush slot, sharp lip (configuration Dh 




(c> Ram scoop, sharp lip (configuration B). 



0.317 cm R a 



(d) Ram scoop, blunt lip (configuration C). 
Figure 6. - Centerbody bleed configurations. 
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(d) Centerbody bleed strut valve. 





Piston rinqs-i 'T Mo ° 9 se *' vovalve r Actuator rod and piston 

vision ' n " i \ r O-ring seals 



Figure 9. - Details of overboard bypass door. 





Overboard bypass assembly 
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(b) Strut and overboard bypass valves installed. 
Figure 9. - Concluded. 






Upper surface coordinates from 
NACA- 0012 airfoil data 
(airfoil split in half) 



Set 

Location 

Dimension, cm | 



A 

B 

C 

D 

E 

I 

Cowl 

0.305 

5. 044 

2.54 

9.682 

0.051 


Centerbody 

.305 

5.044 

2.54 

9.723 

.051 

Ti 

Cow! 

0. 229 

3.048 

1.52 

4.841 

0.030 


Centerbody 

.305:4.064 

2.03 

4.862 

.041 



Converging pair Diverging pair 

(a) Vortex generator detail. 



Vortex generator set I 


Vortex generator set IT 


(b) Circumferential location, looking downstream. 
Figure 10. - Vortex generator design. 
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(a) Sharp lip - flush slot and ram scoop configurations. 



(b) Blunt lip - flush slot and ram scoop configurations. 

Figure 11. - Centerbody bleed slot instrumentation. Static-pressure-tap location, 0 P; 
circumferential rake position, <p, 10°. (Mach 2.0 centerbody coordinates are given in 
parentheses.) 
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1.00(1.00) 


.806 (.814) — 



Cowl; axial distance, x/R c , 2.857 Centerbody; axial distance, Centerbody 

x/R c , 2.730 (2.757) 

(a) Cowl and centerbody throat boundary layer total pressure rakes. (b) Mid-diffuser total pressure rake. 
Circumferential position, <p, 10 P. (Coordinate for Mach 2.0 Circumferential position, (p, 0°; 

centerbody is given in parentheses.) axial distance, x/R c , 4. 604 

(Dimensions for Mach 2.0 center- 
body are given in parentheses. ) 



vWWWWWWN 

Centerbody Centerbody 


Mach 2. 5 centerbody Mach 2. 0 centerbody 

(c) Throat exit total pressure rakes. Circumferential position, (p, 350 P; axial 
distance, x/R c , 3.212. 

Figure 12. - Inlet pressure instrumentation. 
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Total pressure recovery, P^j P 




(a) Free- stream Mach number, 2. 5. 




Bleed mass-flow ratio, Steady- state distortion, 

* p max ‘ p min^/ p 5 
(b) Free- stream Mach number, 2.0. 


Open 
- star 
exit 
Solid 
var 
bier 

1 '1 

symbols denote 
it centerbody b 
area 

symbols denote 
iable centerbod 
xl exit area 

j 

con- 
leed - 

y 






C 

( 

\ 




\ 








0 .02 .04 

Dynamic distortion, 

AP rms/ p 5 


Figure 13. - Inlet performance with sealed bypass. Angle of attack. 0 P; cowl-lip-position parameter, 0j, 26.4°. 
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O Engine airflow varia- 
tion using choked 
exit plug 

□ Bypass airflow varia- 
tion 

Solid symbols denote in- 
creased centerbody bleed 
exit area 



— 

; 






c 








(a) Bypass mass-flow ratio, m hv /m 0 , 0.009. 


m 


R 


.88 .92 .96 

Engine mass- flow ratio, m 5 /m 0 


1.00 .08 .12 .10 . 2U .Ui 

Steady-state distortion, lP max - p m inr5 


Dynamic distortion, 
APrms/P? 


(b) Bypass mass-flow ratio, n^y/mg, 0.067. 

Figure 14. - Inlet performance with bypass flow at critical shock position, Free-stream Mach number, 2.5; angle of attack, 0 P ; cowl-lip 
position parameter, 0^, 26.4°. 










Centerbody bleed total pressure recovery, 





Engine mass-flow ratio, mj/mg 


Figure 15. - Stability performance and bleed characteristics of centerbody bleed system. Free- stream 
Mach number, 2.5 : angle of attack, C P; bypass mass- flow ratio, m b y/mg. 0.009. 
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(b) Cowl; sealed bypass. 
Figure 17, - Continued. 


















Figure 17. - Continued. 







Axial distance, x/R c 
(a) Centerbody; sealed bypass. 

Figure 18. - Diffuser static pressure distributions at free-stream Mach number of 2.0. Angle of attack, <P; cowl- 1 ip- posit ion parameter, 6j, 26,4°. 




(b) Cowl; sealed bypass. 
Figure 18. - Concluded. 




Distance ratio, h/H 


I HI 


Lilllli! 



m 


Throat exit 


Mid-diffuser 
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"On 
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Compressor face 




(a) Peak terminal shock position with sealed bypass; bleed mass-flow ratio, m b |/mQ, 0.014. 







r^i 



iri 



■B 



UK 



n 





mm 



■1 
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lift 


(b) Critical terminal shock position with sealed bypass; bleed mass-flow ratio, rn b |/mQ, 0.013. 






.6 .8 1.0 .4 .6 .8 1.0 .6 .8 1.0 .6 .8 

Local total pressure ratio, P/Pq 

(c) Supercritical terminal shock position with sealed bypass; bleed mass-flow ratio, m b |/m 0 , 0.012. 
Figure 20. - Diffuser performance at Mach 2.0. Angle of attack, OP; cowl-lip- position parameter, 0j, 26.4°. 







Rake 2 T) 1 Rake 1 \ Rake 12 


















1.150 - 1.100 Hi 1.050 - I.GOO M Q /JSQ - Q.9Q6 . _ 
ms i . ioo - 1 .obi.! BSi.ooc - r .350 M IT ^’fl^fc'sow" 

(a) Angle of attack, 1.78° - critical 
terminal shock position; free- 
stream Mach number, 2.5; engine 
mass-flow ratio, m^/mg, 0.899; 
bleed mass- flow ratio, m^/mg, 
0 . 021 ; bypass mass-flow ratio, 
m by^ m 0 ’ 0*^67; total pressure 
recovery, P 5 /Pg, 0.889*. distor- 
tion, 0.125. 



i-iso- use as im - l.-ra ■ r r: 

3.100 1.050 88 1.000 - 0.55*rgj( r p9 below 


(d) Angle of attack, 4. 17° - critical 
terminal shock position; free- 
stream Mach number, 2.5; 
engine mass- flow raflo, ntc/mg, 
0.861; bleed mass-flow ratio, 
m b| /m 0 * 0*04!; bypass mass-flow 
ratio, m^y/mg, 0.062; total pres- 
sure recovery, P 5 /Pg, 0.857; 
distortion, 0.198. 


•^ 1.300 - l.?00 SBU00-1.CM ■ij.9M-0.80B 
W 1.200 - 1.100 sa 1.000 - 0.300 ■o.SOO atKj below 

(b) Angle of attack, 2. 55° - super- 
critical terminal shock position; 
free- stream Mach number, 2.5; 
engine mass- flow ratio, me /mg, 
0.897; bleed mass- flow ratio, 

0 . 020 , bypass mass-flow 
ratio, m^y/mg, 0.063; total pres- 
sure recovery, P 5 /PQ, 0.871; 
distortion, 0.166. 



- i.iw - i.™ ; .ow - 1.000 ■ 0.350 - 0 900 

3fe 1.100 - 1.05H 1 ,r>no - 0.950 ■ r 500 and below 


(e) Angle of attack, 6 . 84°- super- 
critical terminal shock position; 
free- stream Mach number, 2.5; 
engine mass-flow ratio, m 5 /m 0 , 
0.850; bleed mass- flow ratio, 
0.041; bypass mass- 
flow ratio, m by /m 0 , 0.054; total 
pressure recovery, P^/Pg, 0.781; 
distortion, 0. 306. 


.. 1.150 - 1 100 SB 1.050 - 1.C0G ■ 0.953 - 0.900 

.affi 1.100 - 1.050 88 3.000 - 0.950 ■ 0.900 and below 

(c) Angle of attack, 0. 56° - peak 
terminal shock position; free- 
stream Mach number, 2. 5; 
engine mass-flow ratio, m^/mg, 
0 . 868 ; bleed mass-flow ratio, 
m b |/mo. 0.048; bypass mass- 
flow ratio, m by /mg f 0.069; total 
pressure recovery, P 5 / Pq. 0.908; 
distortion, 0.104. 



1.150 - 1 10C L05C - 1.090 ■ D 950 - 0,9K 

1 . 100 - 1.050 38 1 .000 - C .950 ■ 0 .5fl0 and below 


if) Angle of attack, 1.19° - critical 
terminal shock position; free- 
stream Mach number, 2.0; 
engine mass- flow ratio, n^/mg, 
0.902; bleed mass- flow ratio, 
m b }/mQ, 0.013; bypass mass- 
flow ratio, m b / mg, 0 ; total 
pressure recovery, P^/Pg, 0.938; 
distortion, 0.117. 


Figure 25. - Variation of steady-state distortion profiles at diffuser exit with angle of attack. Cowl- 1 ip- position parameter, 26.4°. 
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Ratio of focal static pressure to 
free-stream total pressure. p/Pg 


Flow separation (theory) 


Theory (ref. 12) 

O Experimenting. 17(a))' 


O /o 
- ^,<- 0 — - 



3.4 3.8 4.2 

Axial distance, xj R c 

(a) Centerbody static pressure distribution. 


TTieorylref. 12) 

O Experimenting. 19(a)) 

□ Experiment, no vortex generators (ref. 9) 

Open symbols denote total pressure 
Solid symbols denote static pressure 


Throat exi 




Mid-diffuser 



.6 .8 1.0 6 .8 
Local total pressure ratio, PjP Q 

(b) Diffuser rake total pressure profiles. 

Figure 26. - Comparison of experimental and theoretical subsonic diffuser perfor 
mance at peak inlet operation. 
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